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SUMMARY 
The results of an experimental investigation of the pressure distri-
bution over two triangular wings at supersonic speeds are presented. The 
two wings which were tested bad identical plan forms, 450 sweepback of 
the leading edge, and an aspect ratio of 4.0, but different airfoil sec-
tions. One model was composed of round leading-edge sections and the 
other of sbarp-nose, biconvex sections, 6 percent thick in streamwise 
planes. The experimental pressure distributions were obtained at Mach 
numbers from 1.20 to 1.70 at a Reynolds number of 1.8 X 106 and angles 
of attack from 00 to 200 • 
The results showed a significant effect of leading-edge profile on 
the flow characteristics at high lift coefficients. For the round-nose 
airfoil in the lower speed range wherein the Mach lines were swept ahead 
of the leading edge, transonic flow characteristics were manifest in the 
form of a shock wave normal to the airfoil surface. Additional transonic 
effects were noted for the sharp-nose airfoil. A shock wave oblique to 
the airfoil surface was formed near the sharp leading edge and the nature 
of the flow was such that a somewhat higher loading was realized than 
that for the round-nose airfoil. 
In the higher speed range wherein the Mach lines were swept behind 
the leading edge, flow characteristics similar to those experienced at 
the lower Mach numbers were evident, since, as a result of the detached 
bow wave, flow interaction occurred between the lower and upper surface. 
Despite the existence of these transonic flow phenomena, the agree-
ment between the load distribution given by the linear supersonic theory 
and by experiment was reasonably good. 
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INTRODUCTION 
The validity of the linear theory in predicting the load distribu-
tion over triangular wings a t supersonic speeds has been the subject of 
a number of experimental investigations. The theoretical methods, of 
ne cessity, involve certain s i mplifying assumptions which limit their 
application to cases where viscosity and higher-order effects are negli-
gible . 
Experimental investigations to date have shown the experimental load 
distributions to be in good agreement with the theoretical at low angles 
of attack . At high angles of attack, however, where the basic assumptions 
of the theory are not applicable, the experimental load distributions show 
a marked deviation from theory. Mr. Clinton Brown of the Langley Labora-
tory has pointed out that there is a correlation between the experirr€ntal 
data obtained for triangular wings at high lift coefficients at super-
sonic speeds and data presented in reference 1 for two-dimensional air-
foils at t r ansonic speeds. An exper iment was undertaken for the purpose 
of pursuing this correlat ion further. Data were also obtained t o deter-
mine t he ef fect of l e ading-edge profile and to provide results for a com-
parison bet ween the t heoretical and experimental load distributions. 
SYMBOlS 
b 2 semispan, feet 
c l ocal wing chord, feet 
cr r oot chord, feet 
c mean aerodynamic chord measured parallel to the plane of symmetry 
2 C dy 
, feet 
c dy 
CN n ormal-f orce coef fi cient 
M free-stream Mach number 
• 
I 
_J 
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p 
p 
vac 
pressure coefficient (~~o ) 
value of pressure coefficient P corresponding to a complete 
vacuum on the upper surface of the airfoil 
3 
loading coefficient per unit angle of attack (Pl-PU), per degree 
qoa. 
p 
R 
v 
w 
2 
x 
cr 
local pressure on airfoil, pounds per square foot 
free-£tream static pressure, pounds per square foot 
free-,gtream dynamic pressure (~ PV2), pounds per square foot 
Reynolds number based on mean aerodynamic chord 
velocity of free stream, feet per second 
half-width of plan form at any point, feet 
chordwise station, fraction of root chord measured parallel to 
plane of symmetry 
spanwise station, fraction of local half-width of plan form 
angle of attack of wing at plane of symmetry, degrees 
jM2 _1 
E vertex half-angle of wing plan form, degrees 
~ Mach angle (sin1 11M ), degrees 
p mass density of free stream, slugs per cubic foot 
Subscripts 
l conditions on lower surface of airfoil 
u conditions on upper surface of airfoil 
I 
J 
-~----- - --- -
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APPARATUS AND MODELS 
The experimental investigation was conducted in the Ames 6- by 
6-foot supersonic wind tunnel which is a closed-return variable-pressure 
type with a Mach number range of 1.15 to 2.0. This wind tunnel is 
described fully in reference 2. 
A sketch of the 45 0 swept-back triangular~ing models which gives 
all :plan-iform dimensions is shown in figure l. In order to obtain as 
high a test Reynolds number as possible, the maximum size model which 
was free from wind-tunnel-wall interference at the lowest test l~ch num-
ber was used. 
Since reference 1 had shown a pronounced effect of airfoil-thickness 
distribution on the flow characteristics of airfoil sections at transonic 
speed and, since in the :present experiment it was expected that similar 
transonic effects would be manifest, two different airfoil sections were 
selected for the wings. One wing was composed of round-nose airfoil sec-
tions, 6 percent thick in streamwise planes. The section used for this 
wing was the NACA 0006-63 profile. The other wing was composed of 
sharp-nose, biconvex sections, 6 :percent thick in streamwise planes with 
the maximum thickness at 30 percent of the chord. (See reference 1.) 
See table I for airfoil ordinates. 
The models were cast of bismuth-tin alloy and coated with zinc chro-
mate to give a smooth surface. The cone which joined the wing to the 
sup:port sting (fig. 2) was designed to minimize the pressure disturbance 
over the wing and, at the same time, fulfill the strength requirements. 
The support sting itself served as a conduit for the pressure tubes. 
The right wing panel was fitted with 86 :pressure orifices, each 
0.013 inch in diameter, arrange,d to merumre both the local :pressure on 
the surface and the pressure difference between the upper and the lower 
surfaces. These orifices were located in :planes perpendicular to the 
:plane of symmetry at three chordwise stations (fig. 1). These stations, 
hereafter designated a s stations 1, 2, and 3, were located at 25, 50, 
and 75 percent of the root chord, respectively. 
The models were mounted vertically in the test section on the end 
of a cantilever sting sup:port as shown in figure 2. The sting angle of 
a ttack could be adjusted to any angle between ±17. 5° while the tunnel was 
operating. Since it was desired to obtain angles of attack up to a maxi-
mum of 200 , a 50 bent sting was used which gave an angle range of -12.5° 
to 22.50 • The model angle of attack during the test was influenced by 
the deflection of the model suwort under load. An arrangement of mir-
rors and lenses was used to determine o:ptically the true angle of attack. 
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METRO;oo 
The areti cal 
In reference 3 it is shown that, by a suitaple distribution of line 
sources and sinks having a common point of intersection, it is possible 
to obtain solutions for the pressure distribution over the surface of 
triangula.r wings at zero lift. Since the method is limited in applica-
tion to thin airfoils with sharp leading edges, a quantitative comparison 
between the theoretical computations and the experimental results would 
be more significant for the case of the sharp-n.ose wing. 
The theoretical loading per unit angle of attack was calculated 
using the method of references 4, 5, and 6. The flow field of a lifting 
triangular wing is of conical form; that is, quantities such as press1U"e 
and velocity are constant along rays e~tlng from the apex of the Wing. 
The flow, therefore, when shown in transverse planes bas a. characteristic 
of two-dimensional flow in that the pressure plots at all fore and aft 
locations will be similar. 
Since too theory is ba.sed on linear differential equations, the 
principle of superposition applies so that the pressure distribution due 
to airfoil thickness bas no influence on the pressure distribution due 
to angle of attack, or vice versa. 
Experimental 
Tests.-A major portion of the data was obtained over a Mach number 
range of 1.20 to 1.70 at a constant Reynolds number of 1.8 million and 
a t angles of attack from 00 to 200 • A limited amount of d.a ta was 
obtained at Reynolds numbers of 1 million and 3.75 million. Far a Mach 
number of 1.20 and 200 angle of attack, reliable data were not obtained 
since, at these conditions, the data indicated that the flow in the test 
section was choked. 
Recording and reduction of data..- The press1U"es were indicated on 
multiple-tube manometers which were photographed to record the pressures. 
The data were reduced directly to spanwise plots of the pressure coeffi-
cient through use of a pressure plotting lIRchine. 
Precision.- Surveys of the wind-tunnel air stream (reference 3) 
have shown that, at Mach numbers other than M = 1.4, there exist signi-
ficant pressure and streaIDriaUgle disturpa,nce$ in the air stream. These 
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surveys indicate? however, that the flow in the air stream is two-
dimensional; that is, there are no appreciable transverse pressure gra-
dients in horizontal planes. In the present test, therefore, the model 
was mounted vertically to minimize the effects of stream irregularities 
on the load distribution. Since the flow was similar in all vertical 
planes, the static pressure results obtained in 1;he vertical plane at the 
center line of the tunnel (reference 3) were used to correct the measured 
pressures for all te.st conditions. In applying these corrections, it was 
assumed that the static pressures on the upper and lower surfaces were 
equally affected by the stream static pressure variation and that the 
lifting pressures were not affected. These assumptions were shown to be 
valid by the results of the investigation of reference 3. 
The major items which may cause inaccuracies in the experimental 
pressure distributions have been noted in reference 7. Since the tech-
niques employed in this investigation parallel those used in reference 7, 
the over-all precis ion should be of the same magnitude; that is the wing 
static pressures should be accurate to within ±l percent of the test 
dynamic pressures. 
As was noted previously, the size of the wing was chosen so that 
even at the low Mach numbers there was no interference between the wing 
and the compression or expansion waves originating on the model and 
reflecting from the tunnel walls. 
Errors made in measuring the angle of attack were confined to purely 
mechanical inaccuracies since the variation of the stream angle in the 
region of the model was negligible. A possible error of ± 0.050 in the 
angle of attack was incurred in the initial referencing of the model with 
respect to the stream direction. The angle of attack during the test, 
determined by means of the optical measuring system, could be read accu-
rately to within ±0.030 , resulting in a total possible error of ±0.08° 
in the angle-of-attack reading. 
The absolute humidity of the air in the wind tunnel was kept below 
0.0003 pound of water per pound of air at all times so that it had negli-
gible effect on the experimental results. 
RESULTS AND DISCUSSION 
Pressure-distribution measurements were made on the two triangular 
wings for a range of Mach numbers from 1.20 to 1.70 at a constant Reynolds 
number of 1.8 million and at angles of attack from 0 0 to 20 0 • For the 
purpose of di.scussion in this report, figures showing pressure distribu-
tions due to airfoil thickness are presented only for Mach numbers 
« 
• 
• 
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of 1.30~ 1.53~ and 1.70~ and the pressure distributions due to angle of 
attack are presented at 1.30 and 1.70. These data are considered repre-
sentative of the results obtained throughout the test range. The experi-
mental results for the complete range of test variables are presented in 
table II in the form of pressure coefficients for any further analysis 
the reader may wish to make. A portion of the data of station 3 was 
omitted from this tabulation because of noticeable interference effects 
from the support cone. 
Pressure Distribution at Zero Lift 
Experimental values of the pressure distribution at approximately 
zero angle of attack are compared with theoretical values in figure 3 for 
Mach numbers of 1.30, 1.53, and 1. 70. Due to the limitation of the theo-
retical method~ a quali tati ve comparison between theory and experiment 
for the round-nose airfoil was not considered. 
Examination of the experimental data for the sbarp-nose airfoil at 
M = 1.30 showed the agreement between the predicted and measured pressure 
distributions to be good at station 1 with somewhat poorer agreement at 
stations 2 and 3. At these latter stations, the theoretical pressure 
peak, associated with the discontinuity in the radius of curvature of the 
airfoil surface at the point of maximum thickness, was not as pronounced 
in the experimental data. Although no complete explanation of this dif-
ference between theory and experiment has been definitely established, 
much of the difference may be attributed to boundary layer and second-
order compressibility effects. 
At Mach numbers of 1.53 and 1.70, the agreement between theory and 
experiment generally was not as good as at a Mach number of 1.30, the 
correlation being particularly poor near the airfoil leading edge. The 
combinations of Mach number, leading-edge sweep, and airfoil wedge angle 
were such that the l.eading-edge shock wave was detached for all angles 
of attack. The theory for Mach lines swept behind the leading edge (in 
this case for M = 1.53 and 1.70) assumes an attached wave and cannot 
account properly for the mixed subsonic and supersonic flow that existed 
between the detached bow wave and the leading-edge of the airfoil. For 
these Mach numbers, the deviation between theory and experiment may be 
attributed, therefore, to the detached shock. 
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Flow Characteristics and Pressure Distribution 
at Angles of Attack 
In the analysis of the experimental lifting pressures, it was found 
that, even though theory and experiment did not always agree on the mag-
nitude of the pressures on the wing, the experimental lifting pressures 
were, as predicted by theory, essentially constant along rays from the 
apex of the wing. It is possible, therefore, and convenient in consider-
ing the flow over triangular wings to resort to transverse pressure plots, 
since they are essentially similar at all fore- and aft-locations, 
because for both theory and experiment the pressures tend to be constant 
along rays. Components of velocity perpendicular to rays are considered 
in analyzing these transverse pressure plots. It may be seen that on the 
surface of wings moving at supersonic speeds the components may be either 
subsonic or supersonic, depending on the stream Mach number and the sweep 
of the ray considered. 
It has been shown previously that, in discussing the flow over tri-
angular wings, it is convenient to define the supersonic speed ranges by 
the variable tan E/tan ~ where E is the semivertex angle of the wing 
and ~ is the Mach angle. Values of tan E/tan ~ greater than 1.0 
correspond to a supersonic leading edge and values less than 1.0 corre-
spond to a subsonic leading edge. A value of tan E/tan ~ of 1 corre-
sponds to sonic velocity perpendicular to the wing leadin~ edge. 
Mach lines swept ahead of the leading edge.- Experimental pressure 
distributions for both the round-nose and sharp-nose airfoil for station 2 
are presented in figure 4 for several angles of attack and for a Mach 
number of 1.30. The data presented here are typical of the results 
obtained in this speed range (Mach lines swept ahead of the leading edge). 
Examination of these data shows the existence of certain pressure discon-
tinuities,usually associated with shock waves, which are not revealed by 
the theoretical analysis. For the sharp-nose airfoil at an angle of 
attack of 50, the data show a pressure peak near the airfoil leading edge, 
f ollowed immediately by an abrupt compression. At 100 angle of attack, 
the negative pressure peak was followed by a region of less negative 
pressures which was, in turn, followed by a compression at about 70 per-
cent of the semispan. It should be noted that at 100 angle of attack, 
the pressure coefficient near the leading edge approached the absolute 
physical limit. The magnitude of this limit Pvac is indicated in the 
figure. At 150 and 200 angles of attack, therefore, since nearly an 
absolute vacuum had already been attained on the upper surface at the 
lower angles of attack, only a slight increase in the magnitude of the 
upper-eurface pressure coefficients near the leading edge was possible. 
Further, the low- pressure region, which was localized into a pressure 
peak near the leading edge at the low angles of attack, spread over a 
2 
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wide region of the airfoil surface at these high angles of attack. The 
data indicated that the wide region of negative pressure coefficients 
(very nearly equal to a full vacuum) was terminated by a compression at 
about 40 percent of the semispan. 
For the round-nose airfoil, no abrupt compression in the pressures 
was noted at an angle of attack of 50. At an angle of attack of 100 , 
however, a region of large negative pressure coefficients was noted which 
was terminated by a compression at about 50 percent of the semi span. The 
data for 150 and 200 angles of attack showed a wide region of negative 
pressure coefficients very nearly equal to a full vacuum. This region 
of large ne~tive pressure coefficients was terminated by a compression 
between 50 and 60 percent of the semi span. 
A study of the pressure data just discussed reveals certain pressure 
discontinuities over the airfoil surface which are similar to those noted 
in the data obtained from two-dimensional airfoils with corresponding pro-
files at transonic speeds (reference 1). It has been shown in reference 1 
that the pressure discontinuities noted on the surface of the two-
dimensional airfoir at transonic speeds were a result of shock waves. 
Due to the similarity in the pressure data, it was concluded that the 
pressure discontinuities noted in the data of the present investigation 
also denoted the existence of shock waves and that consequently the shock 
patterns in transverse sections would resemble closely the patterns exist-
ing on the two-dimensional airfoils at transonic speeds (shown in the 
schlieren photograph of fig. 5). An estimate of the flow pattern, as 
deduced from the foregoing correlation, for triangular wings with Mach 
lines ahead of the leading edge (tan €/tan ~ < 1.0) is sketched in fig-
ure 6. This sketch is for a repAesentative set of test conditions at 
any transverse section; the pattern will change in detail as Mach number 
and lift coefficient vary but its basic character should remain as 
sketched. 
For the round-nose airfOil, due t o the easy curvature of the r ound 
leading edge, a gradual expansion of the streamlines around the airfoil 
leading edge occurred, and the local velocity components on the upper 
surface perpendicular to rays from the "apex were sufficiently large at 
high angles of attack as to result in a local region of supersonic flow 
which was terminated by a shock wave, as was indicated by the compression 
in the pressure data. The shock wave, which was normal to the airfoil 
surface but oblique to the supersonic stream, corresponds to the usual 
normal shock wave which has been noted on two-dimensional airfoils at 
transonic speeds (fig. 5). 
For the sbarp-nose airfoil additional transonic f low characteristics 
were deduced from the pressure data. A marked similarity can be noted in 
the estimated flow characteristics presented in figure 6 for the sharp-
nope airfoil of the present test and the flow over a sharp two-dimensional 
~--"- "-- -- --- -- ------- -
10 NACA RM A50Jl7 
air foil at transonic speeds as evidenced by the schlieren photograph of 
figure 5 . For triangular wings swept behind the Mach lines, upwash 
occurs around the airfoil leading edge as a result of the flow inter-
action between the upper and lower surfaces. The air, in flowing from 
t he lower to the upper surface, is required to turn abruptly around the 
sharp leading edge, resulting in a highly complex mixed subsonic and 
supersonic flow field. Although the present state of knowledge of what 
occurs in this flow field is limited, the nature of the flow is appar-
ently analogous to the flow around a sharp convex corner which was 
treated by Busemann in reference 8. A cursory study of the problem has 
indicated that the location and curvature of the sonic line in the 
region near the airfoil nose were such that the streamlines above the 
nose turned toward the airfoil and the flow impinged on the upper sur-
face of the airfoil. Since the streamlines must turn and flow along 
the airfoil surface, a distributed compression region resulted, which 
coalesced into a finite shock wave oblique to the airfoil surface. 
Behind this oblique shock wave was a region of lower supersonic veloci-
ties which was terminated by a normal shock waVe. This hypothesis 
appears to be consistent with the observed flow patterns of figure 6 
and with the experimental results of the present test. It is interest-
ing to note that the compression which was observed for the sharp leading-
edge airfoil near the nose was not evident for the round-nose airfoil. 
This is to be expected since the curvature of tfoe round leading edge 
permits a more gradual expansion of the streamlines around the airfoil 
leading edge. 
The experimental and theoretical load distributions for the two 
triangular wings are presented in figure 7. The effects of the transonic 
flow characteristics just discussed are apparent in the differences 
between the theoretical and e:Jqlerimental loading. The data for the 
round-nose airfoil at 50 angle of attack include e:Jqlerimental loading 
coefficients which are greater than those given by theory. For 100 angle 
of attack, also, the experimental loading was generally greater than the 
theoretical values over a large portion of the airfoil surface. As 
e:Jqlected, there was a decrease in the e:Jqlerimental loading at the loca-
tion of the normal shock wave. For 150 and 200 angles of attack, the 
e:Jqlerimental loading near the leading edge was much less than the theo-
retical because of the previously mentioned physical limitation on the 
magni tude of the upper-surface pressure coefficients which was not con-
sidered by theory. Over the remaining portion of the span, the experi-
mental loading lay generally above the theoretical. 
The experimental loading data for the sharp-nose airfoil showed 
that the transonic effects were also evident (see fig. 7). At an angle 
of attack of 50, the influence of the sharp leading edge was manifest in 
a region of loading coefficients near the leading edge which were some-
what greater than those for the round-nose airfoil, followed by a span-
wise variation of the loading coefficients that was in somewhat better 
agreement with the theoretical loading than the data for the round-nose 
------
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airfoil. For an angle of attack of 100, the loading coefficients for 
the sharp-nose airfoil were not as high as those at 50 angle of attack 
but were somewhat greater than those for the round-nose airfoil at 100 
angle of attack. The location of the shock wave normal to the airfoil 
surface may be discerned in the discontinuities of the spanwise load 
distribution. As in the case of the round-nose airfoil, at 150 and 200 
angles of attack, the experimental load distribution near the leading 
edge fell considerably below the theoretical value. 
Mach lines swept behind the leading edge.-Experimental pressure 
distributions for both the round-nose and the sharp-nose airfoils are 
presented in figure 8 for several angles of attack at a Mach number of 
1.70. It is evident from a study of the pressure data that, even though 
the theoretical flow velocity component perpendicular to the leading 
edge was supersonic, the characteristics of the flow differed little 
from those in the lower speed range wherein the flow component perpen-
dicular to the leading edge was subsonic. Although the pressure discon-
tinuities were considerably softened, the shape of the preSSure-
distribution curves was quite similar to those in the lower speed range. 
At these higher supersonic speeds, where the value of tan E/tan ~ 
is greater than 1.0 but less than the value for which the shock wave 
became attached to the sharp leading edge, the flow pattern over both 
wings, as deduced from available pressure data, was as sketched in 
figure 9. For the round-nose airfoil, a detached bow wave occurred 
ahead of the swept leading edge. Since, in the region between the 
detached bow wave and the leading edge, the flow components perpendicu-
lar to the leading edge were subsonic, the flow around the leading edge 
of the airfoil was similar to the flow experienced when the Mach line 
was ahead of the leading edge. The local velocity components on the 
upper surface perpendicular to a ray from the apex were large enough to 
cause a local region of supersonic flow which was terminated by a normal 
shock wave, as in typical transonic two-dimensional flow. 
For the sharp-nose airfoil, the detached bow wave was also present 
since the wedge angle was greater than the value for shock attachment. 
There existed a small region of subsonic flow components in the vicinity 
of the leading edge which resulted in flow interaction between the upper 
and lower surfaces. The flow characteristics were similar to those noted 
previously for Mach numbers at which the Mach lines were swept ahead of 
the leading edge. Transonic flow similar to that noted for the lower 
speed range occurred, though the .extent of the influence of the sharp 
leading edge was not as great, since the upwash angle at the wing lead-
ing edge was not as large as at the lower Mach numbers. This reduction 
in the upwash angle was due to the fact that the flow interaction between 
the upper and lower surface was confined to the region between the 
detached bow wave and the leading edge. 
The experimental and theoretical load distributions for the two 
triangular wings are presented in figure 10. The effects of the 
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transonic flow characteristi cs just discussed are apparent in the exper-
imental load distribution. Since tan E /tan I-l is greater than unity, 
it is assumed in the theory that the bow wave is attached to the wing 
leading edge with the result that the lifting pressures are constant 
between the ~ch line and the leading edge. In the actual case, however, 
since the bow wave was detached, flow interaction between the upper and 
lower surfaces occurred, resulting in a peak in the loading at the lead-
ing edge . The sharp-nose airfoil showed a somewhat higher loading peak 
near the leading edge than did the round-nos e airfoil due to the previ-
ously discussed flow phenomena . Force data present ed in reference 9 
have shown that, as the Mach number f or complete shock attachment to the 
leading edge is approached, the agreement between theory and experiment 
may be expected to be improved . 
Reynolds number effects. - A limited amount of data was obtained 
f or the round-nose airfoil at Reynolds numbers of 1 million and 3 . 75 
million for an angle of attack of 50. As shown in figure 11 for Mach 
numbers 1. 30 and 1.70, the data indicate a negligible effect of Reynolds 
number variation on the spanwise load distribution for Reynolds numbers 
of 1. 8 million to 3 .75 million. At a Mach number of 1.30, however, the 
experimental data show the loading coefficients at a Reynolds number of 
1 million to be somewhat less than the values obtained at higher Reynolds 
numbers. As the Mach number is increased from 1.30 to 1.70, the effect 
of Reynolds number becomes negligible. Since no Reynolds number effe cts 
were found in the range from 1. 8 million to the maximum value attainable, 
3 .75 million, the major portion of this test was conducted at a Reynolds 
number of 1.8 million for reasons of economy. 
It is noteworthy that, at the highest angle of attack (~ = 200 , 
approx.) at all Mach numbers investigated, most of the airfoil upper 
surface was subjected to pressures nearly equivalent to a full vacuum. 
It is believed,therefore, that the action of viscous forces will be neg-
ligible when compared with pressure forces so that Reynolds number 
effects at these high lifts may not be significant. 
Normal-F orce Coeffic ients 
Figure 12 presents a comparison of the experimental and theoretical 
normal-force coefficients versus angle of attack for Mach numbers of 1.20, 
1.30, 1.53, and 1.70. The experimental normal-force coefficients were 
obtained by a mechanical integration of the spanwise pressure plots at 
each of the angles of attack. Excluding the data at 150 and 200 angles 
of attack which fall below the theoretical curve at all Mach numbers, 
the normal-force coefficients exhibit a trend with Mach number similar 
to that discussed in reference 9. In the lower speed range 
(tan E /tan I-l < 1.0 (M = 1. 20)), the sharp-nose and the round-nose 
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airfoils give values of the normal-force coefficient that fall some-
what above those predicted by the linear theory. As the value of 
13 
tan E/tan fl of 1.0 is approached and slightly exceeded, the normal 
force first equals the predicted value at a Mach number of 1.30 and then 
falls slightly below the predicted value at a Mach number of 1.53. How-
ever, in the higher supersonic speed range where tan €/tan ~ is greater 
than 1.0 (M = 1.70), the experimental normal-force coefficients agree 
more closely with the linear theory as a result of the approaching attach-
ment of the bow wave to the airfoil leading edge. Previous tests have 
shown that as the Mach number for complete shock attachment to the leading 
edge was approached, good agreement between the measured and predicted 
loading may be expected. (See reference 9.) 
As mentioned previously, at the higher angles of attack (150 and 
200 ) the eXJlerimental normal-force coefficients fall below the values 
predicted by the linear theory. This difference between theory and eXJ?er-
iment is to be expected, of course, since the basic assumptions of the 
theory obviously are invalid when the pressure coefficients approach a 
value equivalent to a full vacuum. 
Application of Results to other Triangular Wings 
The foregoing discussion has shown that significant transonic flow 
effects occur on triangular wings at supersonic speed and that these 
transonic flow characteristics show marked similarity to those which 
have been noted for the two-dimensional airfoil sections at high sub-
sonic speeds. There remains the question, however, of the means by 
which the results presented herein for 45 0 triangular wings may be 
applied to other triangular wings of different sweepDack and airfoil sec-
tion. At the present time only a qualitative relation can be shown to 
exist. 
The linear theory yields the parameters f3 and tan E /tan Il as 
relating the characteristics of triangular wings of different sweepback 
at supersonic speeds in that the load distribution, the lift-curve 
slope, the curvature of the drag parabola, and the moment-curve slope 
are given as functions of ~ and tan E /tan Il. In the linear theory, 
however, only small velocity increments are considered, a condition 
which obviously is not applicable at high lift coefficients. It is clear 
from the foregoing discussions that the transonic effects, which were 
noted, are primarily a function of (a) the Mach number of the flow com-
ponent perpendicular to the swept leading edge and (b) the shape of the 
airfoil in the vicinity of the wing leading edge. It appears, therefore, 
that the correlating parameter insofar as the flow characteristics at 
high lift coefficients are concerned should be sin E /sin Il which is a 
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measure of the Mach number perpendicular to the leading edge. It is to be 
expected that, for other triangular wings of similar leading-edge radius 
or wedge angle, flow characteristics similar to those found for the 
wings of the present test will be experienced for the same values of 
sin E/s i n 1-1. 
With regar d to the airfoil nose shape the following qualitative cor-
relation may be stated: For wings of smaller wedge angles, the transonic 
flow characteristics noted will occur at lower lift coefficients. Further, 
round-nose airfoils of much smaller nose radii may be expected to give 
flow characteristics similar to airfoils with sharp leading edges. 
CONCLUDING REMARKS 
Pressure-distribution measurements over a sharp-nose and a round-
nose airfoil of triangular plan form were made for a Mach number range of 
1 , 20 to 1.70 to determine the effect of leading-edge profile and to pro-
vide data f or a comparison of the experimental and theoretical load dis-
tribution . 
The results of the tests indicated a significant effect of leading-
edge profi le on the flow characteristics at high lift coefficients. For 
the round-nose airfoil in the lower speed range where the Mach lines are 
swept ahead of the leading edge, transonic-flow characteristics similar 
to those experienced on round-nose, two-dimensional airfoils at transonic 
speeds were manifest in the form of a region of supersonic velocity near 
the airfoi l leading edge which was terminated by a normal shock wave. 
An additional transonic effect was noted at the leading edge of the sharp-
nose airfoi l. A shock wave oblique to the airfoil surface was formed and 
the nature of the flow was such that a somewhat higher loading was real-
ized than that f or the round-nose air f oil. Despite the existence of these 
transonic flow phenomena, the agreement between the theoretical and exper-
imental l oad distribution was reasonably good up to an angle of attack of 
100 , the sharp-nose airfoil exhibiting generally better agreement. Further 
increase in angle of attack resulted in the experimental loading near the 
leading edge falling below theory because of the physical limitation of 
zero pressure on the magnitude of the upper-6urface pressure coefficient. 
In the higher speed range, where the Mach lines were swept behind 
the leading edge, since the leading-edge bow wave was detached with result-
ing flow interaction between the lower and upper surfaces, the flow char-
acteristics were similar to those experienced in the lower speed range 
wherein the Mach lines were swept ahead of the leading edge. Reasonably 
good agreement between the measured and predicted loading was also real-
ized in this speed range. As the speed is increased further so that the 
--~.-- - - - - - - , 
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bow wave approaches attachment to the leading edge, it is expected that 
the correspondence between theory and experiment would be further improved . 
The experimental normal-force coefficients for both the round-nose 
and the sharp-nose airfoils were essentially the same and were slightly 
higher than the theoretical values in the low-speed range (M = 1.20) . 
Increasing the Mach number to 1.53 caused the experimental values to fall 
slightly below the predicted results. Further increase in Mach number 
resulted in closer agreement between the theoretical and experimental 
normal-force coefficients since, as previously mentioned, the bow wave 
was approaching complete attachment to the airfoil leading edge . 
Ames Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 
Moffett Field, Calif. 
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TABLE I.- AIRFOIL ORDINATES 
[Stations and Ordinates Given in Percent of Airfoil Chord] 
NACA 0006-63 Sharp-Nose Biconvex Profile 
Upper surface Lower surface Up-per surface Lower Surface 
-
Station Ordinate Station Ordinate Station Ordinate Station Ordinate 
0 0 0 0 0 0 0 0 
1.25 .95 1.25 -.95 5 .92 5 -.92 
2.5 1.31 2.5 -1.31 10 1.67 10 -1.67 
5.0 1.78 5.0 -1.78 15 2.25 15 -2.25 
7·5 2.10 7.5 ~.10 20 2.67 20 -2.67 
10 2.34 10 -2.34 25 2.92 25 -2.92 
15 2.67 15 -2.67 30 3.00 30 -3.00 
20 2.87 20 -2.87 40 2.94 40 -2.94 
25 2·97 25 -2.97 50 2.75 50 ~.75 
30 3.00 30 -3.00 60 2.45 60 -2.45 
40 2.90 40 -2.90 70 2.02 70 -2.02 
50 2.65 50 -2.65 80 1.47 80 -1.47 
60 2.28 60 -2.28 85 1.15 85 -1.15 
70 1.83 70 -1.83 90 .79 90 -.79 
80 1.31 80 -1.31 95 .40 95 -.4D 
90 .72 90 -.72 100 0 100 0 
95 .40 95 -.4D 
100 ( .06) 100 ( -.06) 
100 0 100 0 
L.E. radius: 0.40 
~ 
CA) 
~ () 
~ 
~ 
G; 
o 
~ 
f-' 
--.l 
I-' 
--.l 
Station 
x/cr 
y 
W72 
0 
.267 
.400 
. 533 
0. 25 . 667 
. 733 
. 800 
. 867 
. 933 
.100 
0 
.133 
.267 
. 400 
.467 
. 533 
. 600 
0 . 50 .667 
. 733 
. 800 
. 867 
. 900 
. 933 
. 967 
.100 
0 
.177 
.266 
.356 
.446 
. 533 
. 578 
. 622 
. 667 
0. 75 . 711 
.756 
. 800 
.844 
.861 
. 889 
.911 
.\133 
. 956 
.978 
.100 
TABLE II. - EXPERIMENTAL PRESSURE COEFFICIENTS 
(a) M = 1.20. 
Round-nose airfoil Sbe.rp-nose airfoil 
0.=0 =5.1 0.=10. 4 ~a.=15 . 4 0.=0 =5. 1 =10.4 ~ a.=15 . 6 
, 
Pu I P2 Pu Pl Pu P2 Pu P2 Pu P2 I Pu '1 Pu '1 Pu P2 
-<).009 0.008 -<). 135 0.16~ f-o .228 p. 359 -0 .281 0. 670 0. 042 0 .052 -<) . 076 0.276 -<).174 0.360 -0 . 238 0. 666 
.... oOS .007 - .147 .170 - .247 . 371 - . 308 . 684 .050 .076 - .081 . j10 - .189 .400 - . 238 .699 
- .005 . 020 -.168 .186 - .265 
· 390 - . 313 · 705 .070 .105 - .065 · 320 -. 191 .433 -. 404 . 727 
. 005 .028 -.175 .211 - . 309 . 423 - . 618 
· 733 . loS .146 -. 050 . 348 - .192 .489 - . ee4 · 770 
- -- .034 - - - .238 --- .468 - - - . 776 . 155 .1SO -.028 . 362 - .216 .544 
-· 703 .815 
.027 .048 - .258 .269 - . 552 . 506 -. 811 . S09 . 187 .217 . 005 .374 - .281 . 579 -· 740 . 849 
.010 .051 
- .309 .299 - . 580 . 543 -. 792 .849 .228 .280 . 007 .443 -.431 .651 
- . 778 . 893 
. 052 .082 - . 336 . 362 -. 617 . 61.2 - . 788 .892 .282 . 336 .050 . 551 - . 618 . ~3 -. 766 . 942 
·093 .240 - .294 . 530 -. 604 . 748 -. 777 .956 . 374 . 398 - .285 .638 - · 755 . 3 
-· 775 . 974 
- -- . 539 - - - . 747 - -- . 792 - -- · 739 - - - - -- - -- - -- - - - - -- - -- - - -
-. 091 -. 080 -.22il . 079 - . 305 . 378 -. 341 . 625 - .073 -. 030 -.193 .087 - .290 . 356 
- · 330 . 610 
- .097 - .076 -. 237 .083 -. 326 . 374 
-· 363 . 622 - . 076 - .053 -. 201 .OS3 -· 307 . 351 -. 338 . 607 
- -- -.084 -- - . 068 - - - . 354 - -- . 616 -. 094 -. 069 - . 223 .087 -. 333 . 347 - · 331 . 612 
-. 120 - .095 - .270 . 070 - . 369 . 346 - . 5oS . 618 
- - -
- . 090 - -- . 079 - -- .349 - -- .613 
- .137 - . 100 - .288 .071 - . 388 .351 -. 592 . 622 -. 129 - .087 - .278 .107 -. 389 . 368 -. 694 . 624 
- .136 - .116 - . 306 . 059 - .374 . 347 - . 594 . 624 -. 136 - .102 -. 293 . 084 -. 406 .354 - . 714 .612 
- - - - . 114 - - - .078 - -- . 354 - -- .637 --- -.089 - - - .106 - -- . 350 - -- . 629 
-. 142 - .120 
-· 353 .oS7 - .662 .367 -. 721 .656 - . 116 -. 092 -. 292 . 102 -. 453 . 348 - .654 . 645 
- .129 - .106 - .392 . 110 - . 673 . 389 - . 721 . 678 - .099 -. 060 -. 289 .139 -. 633 . 387 -. 669 . 679 
- .121 -.088 - . 441 .143 - .698 .427 - . 724 . 711 - .052 .007 -. 263 .203 - .660 . 449 -. 66:2 . 723 
-. 109 - .070 - . 507 .200 - . 738 . 483 
-· 739 .762 .030 . 082 -. 2OS .291 -.677 . 522 -. 672 . 782 
- .105 - .068 -. 526 .225 - . 766 . 518 - .760 . 791 .055 .131 -. 182 . 348 -. 704 . 572 - . 651 . 816 
- .100 
-. 025 - . 525 .292 -. 786 . 582 - .781 .834 . 114 .213 -. 335 .434 -. 754 . 645 - . ee7 . 854 
- . 013 .055 -. 447 .419 - .794 .684 -. 793 . 870 .192 .293 - . 554 .545 - . 835 . 731 -. 631 . 893 
- - - . 536 - - - . 646 - - - . 595 - -- .432 --- - -- -- - - - - -- - - -- - - - - --
- -- - - - - - - - -- - - - - - - - -- f-- - --- - - - - - - - - - - - - - -- - - - - - -
- -- - - - - - - - - - -- - - -- - - - --
- - - - - - - -- - -- - -- - -- - - - - --
-- - -- - - -- - -- --- - -- - --
- -
- -- -- - - -- - - - - - - - -- - - - - --
- - - - - - - -- - - - - -- - -- - - - --
- -- --- - - - - - - - - - - -- - - - - - -
- - - -.097 - -- .231 - - - . 394 - -- .503 -. 139 -. 125 - . 303 .205 - .420 .379 - . 580 .545 
-.162 - .132 - .331 .113 -. 452 . 385 -. 458 .564 - .167 -. 1l;3 - . 340 .140 -. 450 . 357 : - · 590 . 546 
-. 179 - .149 -. 348 . 095 -. 529 .378 - .598 . 571 -- - -. 150 - -- .OS2 - -- . 359 - -- .550 
- .188 -. 158 
-. 373 .073 -. 668 · 377 -. ee9 .572 , -. 198 --- - . 387 - - - - .530 - - - -. 588 - - -
- .200 - - - -. 407 - -- -· 711 - -- -. 624 
- -
-. 207 -. 175 -. 397 . 073 - .667 .346 - . 586 
· 550 
- .223 -- - - . 485 -- - - . 725 -- - - . 614 -- - .216 -. 194 - . 407 . 061 -. 664 .374 . 585 . 561 
- .235 - .202 -. 525 .023 -· 741 . 366 -. 617 .596 - - - -. 222 - -- .046 - - - . 347 - - - · 579 
- .241 -. 207 - .551 .029 -. 754 . 374 -. 600 .610 -. 241 -. 211 - .431 .060 - · 720 .370 -. 570 .611 
-. 238 - .209 - . 577 . 050 -. 778 . 387 - . 555 . 632 - . 220 - . 185 -. 387 .071 -. 730 . 3SO - · 548 . 621 
- -- - .209 --- .063 --- . 402 -- - .651 - -- - .168 -- - . OS5 - -- . 387 --- . 642 
--- - .197 --- .OS3 - -- .413 - - - . 673 - .165 -. 124 -.417 .122 - .732 . 415 - . 527 . 672 
-. 207 -. 177 - .577 .113 -. 790 .445 - . 545 .102 -. 145 -. 071 -. 505 .110 - . 741 . 453 - . 526 . 703 
-. 195 - .146 -. 586 .144 -.806 .483 - . 537 . 134 - .lOS -. 013 - . 514 .229 -.766 ' . 505 - .526 · 737 
- .155 - .OS5 -. 584 .216 -.803 . 544 -. 573 . 774 -. 010 .055 - . 504 .299 - · 755 ~5~5_ I - .499 . 795 
-.127 -.026 - . 625 . 336 - .844 . 637 - . 546 .818 . 056 - -- -. 555 - -- -. 823 -.484 - --
--- -- - --- -- - f--- I - -- - -- - -- - - - - - - - - - I - - - - - -- -- - - -
-
~Flav in t unnel may be choked at these test conditions. ~ 
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TABLE I1.- CONTINUED 
(b) M = 1.30. 
Round-nose airfoil 
Station a.-o =5.1 0.=10 . 4 0.=15. 4 0.=20 .6 a.--Q 
x/c r 
y Pu PI Pu PI P PI P PI P PI P PI WT2 u u u u 
0 0 .012 0.027 -0.118 0.160 -0 .203 0 . 331 -0. 266 0. 514 
-0·342 0. 733 0 .054 0.065 
.267 .005 . 023 -.134 .162 
-. 227 
· 337 - .294 .532 - ·370 ·746 .054 .074 
. 400 . 004 . 026 
-.159 . 177 - .247 0355 - 23 4 · 554 -· 703 ·770 .073 .100 
. 533 .007 .029 -.165 .200 
- . 367 . 385 -. 566 . 584 
- ·735 · 797 .105 .145 0 .25 .667 f-- - .044 
- --
.228 
-- - .425 - -- .629 
- --
.840 .155 .186 
.733 . 026 . 047 
- .
245 . 259 -.457 .459 -. 646 . 665 
-·771 .874 .190 .226 
. 800 . 016 .056 -.281 . 287 - . 493 .498 - . 652 . 705 
-· 772 ·906 . 229 .286 
.867 . 040 . 090 
- .257 · 346 - . 489 · 566 - .672 . 768 
-·780 .948 .288 
·355 
.933 . 120 . 251 
- .
203 .508 -. 464 
· 709 - . 674 . 865 
-·774 .990 . 387 .406 
.100 
- -- . 546 - -- . 734 - --
· 792 - - - . 782 - -- ·715 - -- - - -
0 h066 -.055 -.188 .081 -. 256 .267 
-·318 .519 -.412 .690 -.046 - .024 
. 133 1-.071 -. 051 -.193 .083 - .270 . 267 -. 336 · 514 -.409 .689 -. 049 -.039 
.267 1---
-.065 - -- .075 - -- .246 - -- .1·':15 -- - .677 -.066 -.050 
. 400 
-·090 - .070 -.227 .078 - . 316 .257 -.407 . ~Ol - .696 .685 - -- -.068 
. 467 -.103 - .074 -.249 .081 
- · 325 .265 -.526 .505 -.684 .694 - .097 - .063 
. 533 - .103 - .082 - .261 .067 -.442 . 272 -. 586 . 518 
- ·731 .697 - .102 -.072 
.600 
- -- - .072 - -- .087 - -- .277 - -- .518 -- - .719 - -- - .051 0.50 .667 - .102 - .082 
-·306 .098 -.521 
·297 -. 639 .538 -. 781 .730 -.071 -.050 
.733 - .090 - .070 
-·339 .120 -. 542 ·321 -. 650 .562 
- .779 .755 - .050 -. 010 
. 800 
-.088 -.049 
-·373 .161 -.574 .366 - .660 .606 -. 780 .790 -.004 .054 
. 867 - .067 - .036 - .383 .216 -.588 .430 -. 671 .661 - .785 .834 .077 .131 
.900 1-.052 - .029 -. 392 .243 -.607 .465 -.684 . 693 -. 788 .861 .108 .183 
.933 -.046 .004 - .380 .303 -.618 .534 -.699 
· 751 - ·778 .894 .169 .263 
. 967 .054 .104 -. 306 .427 -.61.8 .645 
-·711 .824 -.766 ·913 .238 .345 
.100 1---
.576 - -- .683 - -- .649 - -- .566 - -- .416 - -- - --
0 f--- - -- - -- - -- - -- - -- - -- - -- --- - - - - - - --
.177 1---
- -- - -- - -- - -- - -- --- - -- --- - - - -- - --
. 266 - - - -- --- - -- - -- - -- - -- - -- --- - - - -- - --
.356 -- - - -- --- - -- - -- - -- - -- - -- - -- --- - -- - --
. 446 
- -- -.087 - -- .045 - -- .405 - -- .524 - -- .631 -.127 - .109 
. 533 
-.135 -.116 -. 304 .039 -.464 .386 -.474 .516 - .705 .629 - .143 - .118 
.578 
- .143 -.124 -.322 .037 -·528 ·382 -·581 ·519 - .716 .639 - -- -.132 
. 622 
- .157 -.131 
-· 342 .036 - .567 .378 -.603 .516 - .731 .633 -·170 - --
. 667 
-.160 - --
-· 381 - -- -. 581 - -- -.613 - -- -.728 - -- - .172 - .153 
0 · 75 .711 
-.179 - -- -.407 - -- -. 588 --- -.613 - -- -. 721 - -- -.168 -.159 :~ -.190 -.159 -.440 .032 -.606 .323 -.605 ·530 -. 719 .652 - -- -.174 
-.190 -.166 
- .459 .044 -. 615 
·319 -.598 .532 -. 708 .664 -. 175 -.149 
. 844 
-.181 
-.165 -.449 .058 - .627 .313 -.607 .546 -. 695 .684 - .154 -.126 
. 867 
- -- -.150 - -- .077 - -- .324 - -- .564 - -- .704 - -- -.106 
. 889 - -- - .138 -- - .097 - -- .338 - -- .584 - -- .720 -.098 -.065 
.911 -.144 -.114 
-.433 .125 - .639 .365 -.598 .607 -. 684 .741 -.070 -.013 
.933 - .128 -. 083 -.436 .159 - .652 .413 -.603 .665 -. 681 .776 -.034 .045 
. 9% -.085 - .028 -.427 .232 -.653 .467 -. 581 .689 -. 683 .799 .057 .107 
. 978 
- .054 .029 - .464 .342 -. 695 ·578 -. 593 .763 - .664 .826 .117 - --
.100 
- -- - -- - -- - -- - -- - -- - - - - - - - - - - -- - -- - --
'-
Sbarp-nose a i r foi l 
=5 .1 0.=10.4 
P PI P PI u u 
-0 .057 0. 195 -0.156 0 . 352 
-.073 .224 - .176 
· 385 
-.065 .257 - .184 .417 
-.049 .305 - .184 . 468 
- .029 
· 346 -.153 · 516 
.007 .385 
-· 305 .562 
.025 . 456 -.451 .627 
.087 . 536 -· 532 · 700 
-.175 .626 - .662 
· 779 
- - - -- -
- - - -- -
-.150 .095 - .246 . 249 
- .161 .092 - . 260 .251 
- .181 .100 - .289 .259 
- - - .092 - - - .284 
-.233 .115 - .344 .324 
- .238 .094 -.351 .317 
- -- .117 - -- .318 
- .230 .122 -.453 .309 
- .224 .166 
-.523 .342 
- .209 .242 - .538 .413 
-.129 .330 -.543 .494 
-.115 .384 - .562 .553 
-.247 .467 - .594 .626 
-· 391 .575 -. 699 .714 
- -- -- - - - - -- -
- -- -- - - - -- -
- -- -- -- - - - -
--- -- - - - - - -
--- - - - -- - --
-.252 .062 -.367 .381 
- . 293 .086 
-·396 .365 
- -- .076 - -- . 357 
- · 332 .136 -.485 - - -
- .336 .069 -.577 .332 
- . 331 .062 -.578 .300 
- -- .037 - - - .274 
-. 341 .054 - .600 .288 
- . 314 .073 - .606 .304 
- -- .098 - -- .315 
- . 367 .135 - .603 .345 
-·379 .195 -.606 ·393 
-.385 .260 -. 624 .446 
- .373 .327 -. 613 ·509 
-.412 - - - - .683 
- - -
- - - -- - - - - -- -
0.=15.6 
P F 
u I 
-0. 247 0. 524 
- ·369 .561 
- 332 .597 
- ·331 .645 
-·583 .697 
- .638 .736 
- .683 .785 
-·732 .850 
-·740 .901 
- - - ---
-. 324 .502 
-· 339 ·501 
- .369 .494 
- - -
· 532 
- .482 .531 
- .587 . 525 
- -- .533 
- .653 
·533 
- .658 . 572 
-. 669 .633 
- .682 .699 
- .699 . 743 
- .711 .799 
- .728 .859 
---
- --
- - - - - -
- - - - --
--- - --
- -- - --
- .519 .509 
- .583 ·502 
- -- .504 
-. 654 - --
-.668 .494 
-.641 .524 
- - - ·513 
-. 671 .533 
- .677 .544 
- -- .560 
-.667 .588 
-. 674 .622 
-. 689 .673 
-. 652 ·708 
- .687 - - -
- - - - --
=20.8 
Pu PI 
-0 . 326 0.738 
- .280 
·772 
- 627 .804 
- . 637 .844 
- ·747 .886 
- · 775 ·921 
-·781 · 957 
- ·778 
·995 
-·775 1 .012 
- -- ---
-.403 .677 
-.40~ .676 
-. 421 .682 
- -- .693 
- . 688 .707 
-. 702 ·704 
- -- ·724 
- . 754 .727 
-. 750 .765 
- . 762 
·809 
- . 767 .860 
-· 777 . 891 
- . 759 .926 
-. 775 .940 
- -- - --
- - - - --
- - - - - -
- - - - --
- -- - --
-· 705 .622 
-. 678 .634 
- - - .631 
-· 700 - --
-. 702 .629 
-. 712 653 
- - - .652 
-· 701 .682 
-. 692 .694 
- -- .707 
- 679 .733 
- .675 ·765 
- .671 .795 
-. 637 .821 
-. 655 - --
- --
- --
~ (') 
> 
ti1 
~ 
~ 
~ 
I-' 
\0 
TABLE 11.- CONTINUED 
(c) M ;;:: 1.40. 
Round-noS6 airfoil 
Station 0;=0 0.=5.1 0.=10 .4 0.=15 . 4 a.=20 .6 o;=() CL--5 . 1 
x/cr y Pu Pr Pu Pr Pu Pr Pu Pr Pu Pr Pu Pr Pu Pr ;ri 
0 0.012 0 .025 -0.110 0.150 -0.179 0 .306 -0.229 0. 480 -0. 361 0 .659 0. 043 0.055 -0.062 0.179 
.267 .011 .022 -.128 .153 -.200 ·315 -. 254 .496 - .378 .672 .048 .067 -.070 .201 
. 400 .011 .030 -.148 .167 -.228 . 333 -. 306 .516 -.630 . 696 .063 .093 -.063 .238 
.533 .012 .032 -.156 .191 -. 316 .364 - .478 .552 -.630 .732 .102 .135 - .048 .297 
0.25 . 667 - -- .032 - -- .217 - -- .411 - -- .602 - - - .771 .146 .181 -. 021 .344 
. 733 .032 .057 - .218 .253 -.396 .444 - . 537 . 634 . 660 .811 .183 .223 .021 .385 
.800 .032 .061 - .231 .281 -.408 .480 -. 548 .675 -.666 .842 .231 .282 .044 .456 
.867 .065 .103 - .195 . 339 -·397 .545 -· 575 . 742 -.677 · 895 . 295 . 354 .094 .537 
.933 .142 .262 - .132 .503 -. 365 .689 - .572 . 852 -.669 .963 .395 .406 -.077 .620 
. 100 
- --
.544 - -- .734 - -- .798 - -- . 803 - -- . 751 - -- -- - --- -- -
0 - .052 -.046 -.179 .065 -. 224 .227 -.278 .438 -.426 .660 - .047 - .035 - .139 .093 
. 133 -.063 - .040 - .185 .074 - .238 .243 - . 296 .435 - .428 .654 -.054 - .043 - .151 .089 
. 267 - -- -.046 - -- .066 - -- .229 - - - .409 - -- .643 -.066 -.056 - .174 .085 
. 400 -.073 -.054 -.216 .067 - .282 . 239 -.364 . 419 -.572 .652 -- - - .073 - -- .079 
.467 - .081 -.061 -.232 .070 - ·305 .249 - .482 .426 -.642 .666 -·095 -.065 -.217 .107 
. 533 -.08:; - .052 -.247 .060 - . 399 .260 -. 522 .459 - .667 .643 -.091 - .065 - . 220 .083 
.600 - - - - .066 - -- .078 - -- . 259 - -- .451 - -- .678 - -- -.042 - -- .109 
0 . 50 . 667 -.081 -.062 - .290 .085 -.444 .280 - .561 .472 -.679 .699 -.058 -.039 -.203 .122 
.733 -.067 - .039 -.310 .112 -.462 · 309 -.578 .503 -.684 . 728 -.029 - .002 - .195 .166 
.800 -.058 -.029 -.315 .159 -.479 · 353 -.588 .549 -. 689 .761 .011 .070 -.173 .242 
.867 -.032 - .017 -.310 . 211 -.491 .413 -.598 .611 - .693 .822 .095 .144 -.089 ·330 
.900 -.026 -.008 -· 313 . 239 - . 503 .452 - .606 .650 -.698 .851 .131 .200 - .073 .384 
.933 -.015 .032 -.297 .295 -.518 .514 -.620 ·111 -.699 .894 .179 .274 -.170 .470 
.967 .091 .134 -. 219 .419 -.507 .631 -.632 .794 - .705 .925 .265 .356 -.277 .573 
.100 
- -- .582 - -- . 695 - -- .673 - -- .618 --- .511 - - - -- - --- ---
0 
- -- - -- - -- - -- - --
- - -- - -- - - -- - -- --- --- --- ---
.177 - -- - -- --- --- - -- --- --- - - - --- - -- - -- --- --- - --
.266 
- -- - -- -- - - -- - --
--- --- - - - - -- - -- -- - --- --- - --
. 356 
- -- - --
-- - - --
- --
--- - -- - -- - -- - -- -- - ---
--- - --
.446 
- - - - .067 -- - .033 - -- .287 - -- .553 - -- .652 -.119 - .107 -.251 .046 
. 533 -.115 -.095 -.285 .036 -.435 .237 - .480 .534 - .653 .653 - .128 - .115 -.281 .066 
.578 -.114 - .104 -· 300 .030 -.459 .242 - .530 .533 -.655 .650 --- - .127 --- .065 
.622 -.124 -.119 
-· 323 .035 -.476 .238 - .553 .523 -.666 .655 -.148 - -- -.299 .066 
.667 -.129 - -- -.345 - -- -.488 - -- -.556 - -- -.672 - -- -.148 -.135 - . 304 .043 
0.75 .711 - .145 - -- - .364 .064 -·502 - - - -.565 - - - -.674 --- -.139 - .132 -·303 .043 
.756 - .148 -.122 -.389 .037 -·515 .257 - .558 .537 -. 665 .673 -- - -.138 --- .030 
.800 -.146 -.124 -.385 .048 - .526 . 258 - .555 . 530 - .663 .682 -.135 - .113 - .293 .057 
. 844 -.133 -.117 -·375 .069 - .533 .280 - .572 .547 -.660 .708 - .104 - .080 - .262 .088 
.867 - -- -.103 --- .083 - -- .298 --- . 558 --- .718 -- - - .058 --- .116 
.889 - -- - ·092 - -- .107 - -- .323 --- .577 - -- .737 -.051 -.017 -.292 .157 
. 911 -.092 -.072 -.352 .137 - .542 .353 - .571 .607 -.650 .761 -.023 .031 -.300 .213 
.933 -.072 -.030 -· 351 .178 - . 552 .413 -.578 .661 -.643 .787 .010 .087 - ·299 .278 
.956 - .031 .018 -. 339 .249 -.556 .461 -.560 .687 1-.643 .827 .102 .144 -.281 .352 
.978 .004 .074 - ·370 .358 -.594 ·570 -·573 .767 f- .65O .863 .160 --- -.321 ---
.100 - -- - -- - -- --- - -- --- - -- - -- f--- --- - -- - -- - -- ---
--
Sha.rp-nose airfoil 
=.1,0 • .11 0.=15 .6 
Pu Pr Pu Pr 
-0 .152 0·315 -0.228 0.498 
- .170 ·361 -.257 .528 
- .171 .406 -.257 .563 
- .173 .452 -.346 .625 
- .146 .497 -.501 .660 
-.278 .537 -.531 .705 
-.343 .607 -.571 .761 
- .393 .683 - .636 .822 
-.532 .763 -.665 . 885 
--- -- --- - --
-.227 .228 -·305 .405 
-.240 .236 -.314 .404 
-.264 .238 -.344 .409 
--- .252 --- .449 
-.312 
·293 -.445 .490 
-.315 .278 -.534 .488 
---
.281 --- .511 
-.415 .287 -.571 .485 
-.432 .325 -.576 .514 
-.439 .404 -·584 .575 
-.438 .482 -. 598 .650 
-.453 .524 -. 619 .696 
-.483 .612 -.641 .760 
-.577 .708 -.675 .831 
- -- - -- - --
- --
--- --- --- - --
--- - -- - -- - --
--- - -- --- - --
--- - -- --- - --
-. 341 .211 -.472 .526 
- . 357 .220 -. 549 .515 
--- .225 - -- .507 
-.472 - -- -. 594 - --
-.493 .231 -.603 .494 
-.494 .266 -. 590 .519 
--- .241 - -- . 516 
- .510 .269 -. 614 .535 
- .510 .288 -.619 .538 
--- .306 - -- .549 
-.494 .338 -.617 .576 
-.498 .388 -.630 .617 
-.528 .446 -.639 .656 
- .507 .504 -.618 .708 
-.565 --- -.659 ---
--- --- -- - - --
a.=20 .8 
Pu Pr 
-0.309 0'~i{1 
-· 379 . ' . 
- .472 . ~ 
-.495 .793; 
-. 647 .838 
-. 672 .881 
-. 679 ·922 
-.696 . 967, 
- .697 1.003 1 
- -- - --
-·377 .652 
-.386 .643 
-.439 .649 
- -- . 662 
-. 581 .687 
- .654 .678 
- -- .700 
- .660 . 705 
-.680 .740 
-.679 .793 
-.688 .853 
-.698 .887 
-.687 .931 
- .706 .954 
-- -
- --
- -- - --
- -- - --
- -- -- -
- -- - --
-.556 .644 
-.624 .647 
- --
.647 
-. 636 
- --
-. 634 .654 
-. 636 .681 
- --
.671 
- .632 .698 
- . 623 .708 
- -- .726 
- . 620 .747 
-.617 .777 
-.612 .816 
-.580 .841 
-.601 
-- -
- -- - --
~ 
I\) 
o 
~ :~ . 
i-I 
?' 
~ 
o 
:x> 
~ 
~ 
~ 
~ 
-..;j 
TABLE II.- CONTINUED 
(d) M = 1.53. 
Round-nase a1rf.o11 
Statton (£=0 =5.1 =10.4 =15.4 ~0.6 (£=0 
x/cr 
y 
~ Pu P z Pu P~ P u P z Pu P z Pu Pz Pu Pz Pu 
0 0.021 0.029 1-<>.090 0.142 -<>.~52 0.285 -<>.207 0.4.41 -0.299 0.606 0.04.4 0.060 
-<l.055 
.267 .019 .027 -.105 .142 -.~69 
·292 -.~9 .453 -.294 .618 .048 .064 -.063 
.400 .022 .031 -.120 .~56 -.~99 .314 -.318 .478 -.488 .643 .072 .092 -.052 
.533 .024 .033 -.139 .174 -.254 .346 -.371 .514 -.497 .683 .098 .127 -.040 0.25 .667 .024 .039 -- - .201 ---
·390 --- .567 --- .729 .144 .179 -.004 
.733 .041 .063 -.170 .239 -·310 .428 -.423 .603 -.527 .764 .186 .219 .033 
.800 .046 .077 -.171 .267 -.306 .463 -.430 .637 -.526 .799 .231 .278 .058 
.867 .096 .125 -.124 .327 -.289 .526 -.442 .703 -.535 .855 .297 .346 .107 
.933 _167 .286 -.065 .495 -.247 .669 -.434 .826 -.526 .943 .401 .394 .054 
.100 
--- ·559 --- ·7~8 --- ·790 --- .823 --- .806 - - --- - --
P -.038 -.037 -.146 .069 -.191 .201 -.229 .367 -.346 .512 .041 -.027 -.126 
.133 -.047 -.033 -.148 .071 -.207 .221 -.249 .383 -·352 .558 .041 -.036 -.134 
.267 
--- -.040 --- .068 --- .fa --- .375 --- ·539 .060 -.049 -.156 
.400 -.060 -.046 -.179 .069 -.245 .229 
-·353 .390 -.498 .552 
- - -.062 ---
.467 -.070 -.051 -.192 .077 -.300 .237 -.405 .4oS -.524 .571 .074 -.048 -.190 
.533 -.070 -.04.4 -.203 .076 
-·329 .246 -.423 .421 -.531 .572 .071 -.049 -.185 
.600 
- -- -.054 --- .085 - -- .247 
-- - .425 -- - .592 
--
-.021 
- --0.50 .667 -.065 -.045 -.246 .100 -.365 .268 -.455 .446 -.544 .621 .028 -.010 -.165 
.733 -.04.4 -.031 -.241 .130 -.365 
·301 -.466 .483 -.551 .655 .004 .027 -.149 
.800 -.029 - .016 -.231 .168 
-.375 
·346 -.477 .528 -.561 .705 .043 .097 -.126 
.867 -.003 .003 -.220 .222 
-.377 .410 -.486 .591 -.565 .770 .121 .169 -.048 
.900 .006 .023 -.218 .251 -.384 .444 -.488 .630 ..... 568 .800 .161 .224 -.033 
.933 .027 .063 -.198 .306 -.391 
·509 -.509 .69~ -.5Bo .854 .21~ .293 -.078 
.967 .034 .171 -.118 .426 
-.3Bo .621 -.519 .782 -.589 .913 
·291 .375 - .158 
.100 
- -- .602 --- .716 -- - ·696 --- .661 --- .593 ~-- --- - --
0 
- -- --- - -- --- -- - --- --- -- --- --- ~-- --- ---
.177 
- -- --- - -- --- --- --- --- --- --- --- ~-- --- ---
.266 
- -- --- - -- --- -- - --- --- --- --- - -- ~-- - -- - --
.356 - -- --- - -- --- - -- - -- -- - - - --- - -- ~-- --- - --
.446 
- -- -.068 --- .055 -- - .203 - -- .467 --- .6Bo ~.107 -.099 -.220 
.533 -.101 -.087 -.235 .056 -.357 .206 -.419 .403 -.536 .673 ~.114 -.098 -.237 
.578 -.106 
-·095 -.257 .048 -.369 .216 -.446 .406 -.543 .671 ~-- -.109 ---
.622 
-.114 
-·098 -.268 .051 -.3Bo .221 -.460 .402 
-·554 .668 ~.130 --- -.256 
. 667 
-.114 --- -.288 --- -.396 --- -.470 
-- - -·561 --- 1-.122 -.107 -.255 0 ·7' .711 -.127 --- -.299 --- -.409 --- -.479 --- -.562 --- ~.109 -.099 -.244 
.756 -.121 -·099 -·299 .058 -.419 .244 -.471 .439 -·558 .688 -- - -.100 - --
.800 -.111 -·095 -·296 .070 -.421 .256 -.487 .441 
-·557 .682 -.089 -.071 -.229 
.844 -.092 -.090 -.283 .095 -.429 .2Bo -.492 .468 -·564 .701 -.064 -.035 -.198 
.867 - -- -.067 --- .113 - -- ·302 --- .488 --- .716 --- -.011 ---
.889 - -- -.054 - -- .137 -- - .325 - -- .512 
-- - .734 -.001 .031 -.207 
.911 -.043 -.032 -.253 .168 -.433 ·358 -.498 .543 -.562 .759 .029 .0Bo -.212 
.933 -.028 .015 -.244 .217 -.438 .415 -.503 .607 -·561 .789 .065 .129 -.208 
.956 .017 .057 -.231 .286 -.446 .469 -.496 .638 -.563 .832 .146 .189 -.184 
.978 .059 .117 -.256 .387 -.4Bo .571 -.513 .737 -.564 .884 .210 - -- -.208 
.100 - -- - -- - -- - -- -- - - -- --- - -- --- - -- - -- - -- - --
Sha.rp--nase 81 rlpll 
""'5.~ =lO.4 
'P z Pu Pz Pu 
0.215 -<l.131 0.311 -<>.206 
.184 -.145 .338 -.228 
.222 -.145 
.379 -.231 
.277 -.144 .431 
-.334 
.332 -.164 .488 
-.391 
.378 -.212 .521 -.401 
.448 -.241 
.595 -.434 
.531 -.275 .667 -.}l82 
.615 -.385 .741 
-.537 
--- --- - -- --~ 
.084 -.192 .213 -.266 
.085 -.201 .220 -.219 
.081 -.229 .218 
-·302 
.072 - -- .230 
---
.095 -.272 .277 
-·397 
.094 -.270 .264 -.447 
.128 
---
.289 ---
·.134 -.335 .280 -.467 
.174 -.333 .325 -.467 
.252 -.337 .404 -.476 
.341 -.331 .491 -.486 
.402 
-.349 .542 -.503 
.486 -.363 .616 -.527 
.592 -.449 .711 -.577 
--- --- --- ---
---
--- - -- - --
--- --- --- ---
--- - -- - -- ---
--- --- - -- ---
.066 -.314 .188 -.425 
.066 -.317 .2~3 -.467 
.065 --- .216 ---
- --
-,401 
- -- -·501 
.055 -.409 .229 
-·507 
.053 -.402 .253 -.500 
.054 --- .220 - --
.089 -.416 .254 -.516 
.127 -.412 .276 -·521 
.156 
- --
.301 ---
.196 -.407 .346 -.522 
.256 -.405 .397 -.528 
.316 -.412 .458 
-·537 
.387 -.403 .524 -.528 
- -- -.452 - -- -.577 
- -- - -- - -- - --
a.-15.6 
Pz 
0.460 
.498 
.540 
.590 
.635 
.677 
.738 
.809 
.875 
---
.351 
.361 
·3"(0 
·397 
.440 
.444 
.4Bo 
.448 
.492 
·557 
.637 
.683 
·751 
.829 
---
-- -
---
---
---
.368 
·369 
·377 
~--
.405 
.446 
.420 
.458 
.478 
.498 
.528 
.570 
.619 
·if,9 
- --
- --
a.d20.8 
Pu P z 
-<>.268 0.623 
-·292 .661 
-·368 .699 
-.476 .749 
-·504 .794 
-·522 .837 
-.541 .887 
-·572 ·943 
-.586 .987 
- - -- ---
-·324 .552 
-·331 .547 
-·350 .555 
---
.598 
-.50S .640 
-.525 .621 
--- .651 
-.544 .629 
-.546 .663 
-.557 .728 
-.573 .799 
-.587 .840 
-.582 
·890 
-.609 .934 
---
---
--- ---
--- - --
--- - --
--- ---
-.519 .670 
-.529 .662 
- --
.665 
.547 - --
.559 .658 
-.557 .669 
---
.6Bo 
-.511 .709 
-.571 .711 
--- ·727 
-.572 .752 
-.572 .786 
-.577 .826 
-.537 .S59 
-.577 - --
--- - --
~ 
~ o 
!J> 
~ 
~ 
1=1 
-.;j 
I\) 
I-' 
___ J 
TABLE II. - CONTINUED 
(e) M = 1.60. 
Round-nose nirfoi l 
St ation 0.=0 0.=5 .1 0.=10.4 0.=15.4 0.=20 .6 0.=0 
x/ cr 
y 
;(J2 Pu Pl Pu Pl Pu Pl Pu P l Pu P1 Pu P1 
0 0.023 0. 030 -{) .082 0.130 -{) .150 0 .211 -{).188 0 .430 -{). 282 0. 588 0 .038 0 .052 
.261 .020 .031 -. 095 .136 -.164 . 211 -.197 .444 - .260 .595 .044 .059 
.400 .024 .033 - .110 .149 - .199 . 303 - . 317 .474 -. 425 .620 .064 .092 
.533 .027 .034 - .122 .154 - .238 . 332 - . 336 ·502 - .437 .660 .096 .123 
0. 25 .667 - -- .041 - -- .186 - -- . 376 - - - .553 - -- .709 .142 .176 
.733 .049 .070 -.140 .230 - .280 .418 -· 311 .593 - .463 .148 .182 .214 
. 800 .051 .086 - .136 . 255 -. 271 . 450 -. 380 .629 -.461 . 781 . 228 . 273 
.867 .107 .134 -.094 . 320 -. 251 . 513 -. 387 .688 -. 464 . 838 . 2:/8 . 336 
.933 .180 . 298 -.032 .487 -. 204 .660 - .380 . 808 -. 454 .933 . 394 . 394 
.100 --- .556 - -- . 716 --- . 788 - -- .818 -- - . 819 --- - - -
0 -.031 -.031 -. 145 .062 -.185 .198 -. 217 . 355 - . 321 .538 - .030 -.021 
.133 -.039 -.030 -. 149 .068 - .199 . 212 - . 231 .375 -. 330 .538 -.035 -.025 
.267 - -- - .042 - -- .059 - -- .199 - -- . 359 --- .535 -.053 -.043 
.400 - .057 -.047 - .178 .063 - .256 . 214 -. 346 . 379 - .458 .555 --- - .060 
.467 - .068 - .049 - .193 .063 - .297 . 224 -. 378 . 392 - . 468 .573 -.075 -.045 
. 533 - .065 - .040 -. 206 .060 -. 311 . 230 -. 389 .414 -. 472 .570 -.063 -.049 
.600 -- - -.051 - - - .075 - -- . 239 --- .429 - -- .599 --- -.015 
0 .50 .667 -. 058 -.042 -. 237 .090 - . 342 . 264 -.418 .457 - .486 .629 - .020 - .004 
.733 - .035 - .026 - .223 .122 - . 336 .296 -. 425 .493 -. 494 .661 .009 .034 
.800 - .019 -.001 - .206 .165 - · 335 . 355 -.435 .545 -.504 .714 .051 .103 
.867 .013 .019 - .195 . 223 -. 335 .425 - .445 .608 - .507 
·115 .134 .179 
.900 .032 .052 - .181 . 252 -. 338 . 462 -.457 .650 - . 513 . 812 .180 . 236 
.933 .057 .100 -.158 · 317 -. 338 .531 -. 463 . 711 -.519 . 864 . 234 .310 
. 967 .171 .209 -.077 .440 - . 318 . 650 - .470 .811 -.530 .930 .315 · 399 
.100 - -- .640 --- . 745 - -- . 741 - -- . 7ll -- - .640 - -- - --
a -- - - -- - - - - - - --- - - -- - - - --- - -- - - - - --
.111 - -- -- - --- -- - --- -- --- - - --- --- --- ---
. 266 
--- - -- - -- - -- -- - - - -- - - - - --
- -- -- - - - -
. 356 
- -- - -- - -- -- - - - - -- -- - - - - - - - -- --- - --
.446 
- -- -. 052 - -- .059 --- . 216 --- .420 - -- . 680 - -- - .062 
.533 -.084 -.074 -. 222 .067 - . 333 . 223 -.394 .396 -.486 .669 -.086 -.071 
. 578 -.086 -. 074 -. 240 .071 -. 337 . 226 -.407 . 400 -.485 .669 -- - -.065 
.622 
-.094 - .078 - . 255 .066 -. 349 . 232 - . 424 .405 -. 491 .669 -. 096 - - -
.667 -.096 - -- - . 258 -- - -. 365 --- - . 427 --- - .504 --- -.087 -.076 
0. 75 ·711 -. 101 - - - -. 268 - - - -. 369 - -- -.439 - --1 - .503 --- - .076 -. 066 
.756 -.099 -.079 - . 269 .069 - . 378 . 252 -. 438 .449 -.499 . 683 - - - -.064 
.800 -.090 -.071 -. 260 .085 -. 380 . 267 - . 440 .451 -.500 . 679 -.064 - .034 
.844 - .070 -.060 - . 249 .108 - . 383 . 289 -. 455 .479 - .509 .699 - .026 .003 
. 867 
- -- -.042 - -- .128 --- . 317 -- - .498 --- .710 .007 .026 
.889 - - - - .029 - -- .152 - -- . 339 -- - . 516 --- . 730 .035 . 066 
· 9!.1 -.016 -.004 -.214 .187 -. 383 . 382 - . 463 . 557 -.501 . 757 .063 • loB 
I .933 -.001 .042 - .204 .225 -.387 .427 -.466 . 617 -.503 .782 .096 .162 
.956 .047 .086 -.185 . 301 - . 389 . 486 - . 464 . 665 -.503 . 836 .186 . 225 
·978 .094 .151 -. 205 .404 -.417 . 595 -.482 .747 -.514 .888 . 239 - --
.100 
--- -- - --- -- - - -- --- ---
---1 
--- --- --- ---
Sharp-nose airf oil 
0.=5 .1 0.=10.4 0.=15.6 
Fu P1 Pu P1 Pu P1 
-{).058 0.158 -{).126 0. 296 -{).186 0. 450 
-.061 .175 - .137 . 324 -. 207 .483 
- .054 .212 -.135 .369 -. 218 . 526 
- .038 .260 -.136 .428 -. 302 . 581 
-.003 .319 -.160 .479 - . 338 .626 
.030 .363 -.176 .522 -. 348 .664 
.059 .428 -.194 .591 -. 371 . 728 
.101 .512 -. 220 .666 - .416 . 792 
.078 .601 -. 305 .743 -.474 .858 
--- - - - -- - - --- -- -
-.114 .091 -.185 . 211 -. 241 .343 
-.126 .065 -.195 .209 -. 254 .349 
-.148 .011 -. 221 . 2011 -. 283 .349 
--- .067 --- .206 -- - . 374 
- .180 .087 -. 265 .256 -. 380 .422 
-.173 .085 -. 269 . 243 - .412 .432 
--- .1l9 --- .273 --- .470 
- .152 .128 -. 309 .270 .420 . 448 
- .134 .176 -. 302 .318 .418 . 496 
-.105 . 255 -· 299 .402 .424 .574 
-.032 .343 -. 290 .495 . 431 .657 
- .020 .406 - .296 . 554 .450 . 711 
- .038 .492 -. 309 . 639 . 468 .781 
-.098 .601 - . 385 .736 .528 .861 
-- - -- - --- --- ---
-- -
- -- ---
--- --- -- - - --
--- -- - ---
--- --- -- -
--- - -- - -- - -- - -- -- -
- --
-- - - -- --- -- - - - -
-. 202 .068 -. 275 . 217 -.392 . 367 
-. 214 .081 -. 301 . 232 -. 422 .386 
-- - .011 --- . 238 -- - . 394 
-. 224 - - - - . 346 -- - -.448 -- -
-. 222 .081 -. 354 . 241 -.452 .421 
-. 216 .082 -. 352 . 270 -.450 . 460 
--- .078 - ~ - .239 -- - .429 
-.193 .115 -. 364 . 268 -. 462 . 469 
-.166 .149 -. 361 .289 -.470 .491 
--- .178 --- . 317 - -- .507 
-.165 .203 - . 350 . 376 -.470 . 542 
-.166 . 277 - . 350 .416 -.471 . 585 
-.161 . 341 - . 351 .481 -.478 .637 
-.139 .408 -. 343 .548 - . 469 .690 
- .154 -- - - .386 -- - - .523 -- -
--- -- - ---
--- --- -- -
L... -~-
0.=20 .8 
Pu P1 
-{).245 0 . 641 
-. 267 . 648 
- .348 .682 
-.418 
· 735 
-.435 . 781 
- . 452 . 823 
-.463 . 874 
-.495 .930 
-. 521 .976 
--- - --
-· 301 . 520 
- .310 .528 
- · 325 .544 
- -- .592 
-.459 . 652 
-.471 .655 
- -- .685 
-.485 .659 
-.482 . 687 
- . 491 . 749 
- ·505 . 821 
- .518 . 865 
- .522 . 915 
- ·551 . 969 
- -- ---
- - - - --
- -- - --
- -- - --
- -- - - -
-.466 .683 
-. 467 . 670 
- - -
. 669 
-.488 - --
-. 497 . 657 
- . 493 . 680 
- --
.681 
- . 509 .708 
-.513 .710 
- -- . 723 
-. 510 . 752 
-. 515 .784 
-. 523 . 825 
- .486 .865 
-. 524 - - -
- - - - - -
~ 
I\) 
I\) 
s; 
o 
> 
~ 
~ 
f:j 
-..:J 
I 
I 
TABLE II.- CONCLUDED 
~ n (f) M = 1. 70. > 
~ 
Round-nose airfoil 
Sharp-nose airfoil Sta.tion a.~o 0.=5 .1 a.=10 .4 a=15 ·4 a~2O . 6 a.=o a.~5 · 1 a.=10.4 <t=15 .6 a.=2O .8 x/c r ...L Pu Pl Pu Pl Pu P1 Pu Pl Pu P1 Pu Pl Pu Pl Pu PI Pu PI Pu 
.. /2 
Pl 0 0.023 0.032 -<l .066 0.122 
-<l .138 0.261 
-<J .172 0.409 -<l . 240 0.568 0.041 0.051 --<>.050 0.185 1-0.119 0.280 
-<l.169 0.429 -<l. 213 0.583 
.267 .021 
.029 
-.079 .128 
-.152 . 269 
-.173 .422 
-. 217 .583 .047 .058 
-.057 . 207 -.129 .306 -.183 .463 -. 227 .623 
. 400 .026 
.035 - .083 .138 - .186 . 290 -. 262 .446 
-. 345 .605 .065 .084 
-. 050 . 234 
- .133 .345 -. 203 .501 
-. 278 .661 
.533 .027 .036 -.103 .157 -. 216 . ,\24 
-. 285 .485 -. 361 .646 
.093 .120 
-.035 .268 
-.132 .401 -.264 .564 
-.330 .719 
0. 25 .667 
- -- .044 
- -- .179 
-- - . 364 - -- .535 - -- .702 .140 .172 .001 .302 
-.138 .462 
-. 285 .619 -. 340 .759 
.733 .053 .072 -.106 . 218 
-. 238 . 405 
-. 319 .582 
-. 388 
.737 .181 .212 .031 . 340 -.144 .506 -. 287 .654 
-.354 .801 
.800 
.064 
.092 - .088 . 243 - .228 .441 
-. 318 .617 -.382 .771 . 226 . 266 
.057 .410 
-.152 .570 -.308 .720 -. 363 .852 
.867 .120 .141 
- .051 . 311 
-. 205 .503 -. 319 .680 
-. 387 .826 
. 294 . 331 .091 . 493 -.167 .650 
-.339 .790 -. 389 
.916 I 
.933 .189 
.299 .010 
. 473 -.161 .652 
-. 307 .799 -. 370 .920 
. 389 . 382 .103 .578 -. 232 .728 -.405 .850 -.428 .960 
.100 
- -- .548 - -- .700 
-- - .789 - -- .831 --- .831 
- -- - -- - --
- -- - -- -- - - -- - --
- -- -- -
0 
- .023 
-.023 -.lll .062 
- .181 .194 
-.199 .336 -. 263 .489 - .028 -. 016 
- .115 .081 
-.165 .203 -. 222 .328 
- .256 .482 
.133 -.027 -.019 
- .117 .059 -. 186 .209 -. 208 .355 -. 275 .493 
-.036 -.024 -.124 
.077 -.179 .208 
-. 235 . 343 - .259 .498 
.267 
- -- -.028 
- -- .061 
- -- . ~j8 
- -- .350 
- -- .501 -.048 
-.038 -.142 .072 
-. 203 .204 
-. 250 .350 -. 277 .506 
.400 
-.043 
- .032 -.143 .067 
-. 257 .8.5 
- . 313 .367 -.387 .518 
- -- -.052 - -- .064 
-- - .209 - -- .358 - - - .519 
.467 
-. 051 -.038 
- . 156 .073 
-. 273 . 222 
-. 335 .374 - . 395 .536 
- .058 -. 020 -.169 .096 
-. 239 .251 -.341 .413 
-. 376 .582 
.533 -.050 - .028 -.166 . 06~ 
-. 287 . 223 
-. 340 .391 -. 398 .542 
- .050 
-.033 -.166 .085 -. 246 .248 
-. 363 .411 
-.382 .582 
.600 
- -- - .040 
- -- .079 
- -- .232 
- -- .402 - -- .568 
- -- - .004 
- -- .116 - -- .279 - -- .459 - -- .628 
0·50 .667 - .043 
-.033 - .183 .092 - . 308 . 255 
- .369 .426 -.418 
.597 -.012 .004 -.142 .125 -. 263 .270 - .368 .431 
-.398 .602 
.773 -.021 .005 
- .167 .120 
- . 303 . 287 
- . 367 .460 
- . 423 .628 .023 .042 
- .123 .168 
-. 259 .318 
-.365 .475 -.395 .638 
. 800 
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